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SUMMARY 
A b r i e f  survey i s  given on t h e  s tudy  of t r a n s o n i c  shock - 
boundary-layer e f f e c t s  i n  f l i g h t .  Then the  p o s s i b i l i t y  of a l l e v i a t i n g  
t h e  adverse shock e f f e c t s  through passive shock cont ro l  i s  discussed. 
A Swedish f l i g h t  experiment on a swept wing a t t a c k  a i r c r a f t  i s  used 
t o  demonstrate how it i s  poss ib le  t o  reduce t h e  ex ten t  of separated 
flow and inc rease  t h e  drag- r i se  Mach number s i g n i f i c a n t l y  using a 
moderate amount of per fora t ion  of t h e  sur face .  
BACKGROUND 
T h e  problem of shock-induced separa t ion  and a s soc ia t ed  bu f fe t ing  
became an important problem i n  a i r c r a f t  development i n  the 1 9 4 0 s  and 
t h e  1 9 5 0 s .  I n i t i a l l y  a l a r g e  p a r t  of t h e  i n v e s t i g a t i o n s  performed 
concerned f l i g h t  t e s t s ,  a s  it was a problem very much concerned w i t h  
t h e  d i rec t  f l i g h t  a p p l i c a t i o n .  Also, a s  long a s  t h e  phenomenon was 
r e l a t i v e l y  unknown, it was not c l e a r  how much information t h e  wind 
t u n n e l  t es t s  w e r e  a b l e  t o  g ive .  Often observa t ions  i n  f l i g h t  were 
v e r i f i e d  i n  wind tunne l s ,  and gradual ly  it was p o s s i b l e  t o  develop 
empirical  r e l a t ionsh ips  of u s e  i n  t h e  a i r c r a f t  design.  
Some of t hese  e a r l y  observat ions were of use much l a t e r .  Notably, 
t h e  a i l e r o n  buzz  phenomenon on t h e  Lockheed F-80A a i r p l a n e  (Gadberg 
and Z i f f ,  ref.1) was success fu l ly  computed by S teger  and 
Bai ley ( r e f . 2 )  and Levy and Bailey ( r e f . 3 )  w i t h  an unsteady, t h i n -  
l aye r  Navier-Stokes code t h i r t y  years l a t e r .  
For f u r t h e r  information t h e  reader i s  r e fe r r ed  t o  S p r e i t e r  ( r e f . 4 )  
who has given an ex tens ive  h i s t o r i c a l  survey concerning t h e  e a r l y  
f l i g h t  expe r imen t s  and  h o w  t h e y  w e r e  correlated w i t h  t h e o r y  and  w i n d  
t u n n e l  t e s t s .  Pearcey and Holder ( r e f . 5 )  give an  account of var ious 
i n v e s t i g a t i o n s  performed up t o  t h e  mid-50s ,  inc luding  a v a r i e t y  of 
shock-modifying schemes. 
Another per iod  of i n t ense  e f f o r t  a l s o  i n  f l i g h t  t e s t i n g  was the  
discrepancy between t u n n e l  p r e d i c t i o n s  and f l i g h t  r e a l i t y  
experienced f o r  t h e  Lockheed C-141, where shock loca t ion  i n  t h e  w i n d  
t u n n e l  case  was 2 0 %  chord i n  f r o n t  of t h e  f l i g h t  da t a  ( r e f . 6 ) .  A 
series of wind tunnel  and f l i g h t  experiments ( r e f . 7 )  eventua l ly  led  
t o  improved methods of e x t r a p o l a t i n g  t h e  low Reynolds number w i n d  
t u n n e l  d a t a  t o  h i g h e r  Reynolds number f l i g h t  d a t a  (Paterson 
e t . a l . ,  r e f . 8 ) ;  (Blackerby and C a h i l l ,  r e f .  9 ) .  I n  mgland (Browne 
et.al., ref.10) a VC-10 was instrumented w i t h  pressure tubing, and an 
ex tens ive  comparison was made between t h e  f u l l - s c a l e  f l i g h t  r e s u l t s  
and da ta  from a 1:15 modelin a wind tunnel .  Extensive work, was done 
i n  f l i g h t ,  a s  w i tnes sed  by  t h e  symposium on S u p e r c r i t i c a l  Wing 
Technology (ref. 1 1 ) .  The experimental information co l l ec t ed  was 
compiled and r e s u l t e d  i n  empir ica l  " r u l e s  of thumb" ( r e f . 1 2 )  f o r  
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e x t r a p o l a t i o n  o f  wind t u n n e l  da t a  t o  f l i g h t .  I n  g e n e r a l  t he  s t a t i c  
p r e s s u r e  d i s t r i b u t i o n  a t  t u n n e l  c o n d i t i o n s  ( w i t h  a p p r o p r i a t e  
i n t e r p r e t a t i o n  as shock l o c a t i o n  e tc . )  w a s  scaled th rough  c r e a t i o n  of 
empir ical  parameters. One r e c e n t  i n v e s t i g a t i o n  by Cunnningham and 
S p r a g l e  ( re f .13)  u s e s  more r e c e n t  d a t a  f o r  b o t h  two- a n d  
three-d imens iona l  c o n f i g u r a t i o n s .  
D e l e r y  a n d  Marvin ( r e f .14 )  have made a n  e x t e n s i v e  review of  
shock-wave boundary- layer  i n t e r a c t i o n s  ( expe r imen t s  a s  w e l l  a s  
computa t iona l  m e t h o d s ) , a n d  i n  t h e  p r e s e n t  c o n f e r e n c e ,  Ayers  gives a 
pape r  on f l i g h t  research and t e s t i n g  ( r e f . 1 5 ) .  
Over t h e  y e a r s  a v a r i e t y  o f  d r a g - r e d u c i n g  t e c h n i q u e s  have been 
i n v e s t i g a t e d  f o r  u s e  i n  t r a n s o n i c  f lows .  One method e x p l o r e d  e a r l y  on 
w a s  i n t r o d u c t i o n  o f  v o r t e x  g e n e r a t o r s .  A l r e a d y  i n  t h e  e a r l y  1 9 4 0 s  
ac t ive  c o n t r o l  t h r o u g h  s u c t i o n  and  b lowing  on shock  wave/boundary 
l a y e r  i n t e r a c t i o n  w a s  e x p l o r e d  (refs.  16-17)  . Krogmann ( re f .  1 8 )  has 
r e c e n t l y  reviewed t h e  s u b j e c t  area b o t h  r e g a r d i n g  active and  passive 
c o n t r o l ,  and  o n l y  l i m i t e d  r e f e r e n c e  w i l l  t h e r e f o r e  be g i v e n  here t o  
o t h e r  work. 
PASSIVE SHOCK CONTROL 
While t h e  ac t ive  s u c t i o n  may give a g r o s s  drag r e d u c t i o n ,  t h e  
energy  r e q u i r e d  f o r  pumping may p r e c l u d e  a n e t  g a i n .  However, several 
a u t h o r s  have  o b s e r v e d  t h a t  e v e n  w i t h o u t  pumping ( p a s s i v e  cont ro l )  
t he re  i s  o f t e n  a drag  r e d u c t i o n ,  i . e .  a direct  g a i n .  N a g a m a t s u  
e t . a l .  ( r e f . 1 9 )  tes ted a 1 4  % t h i c k  s u p e r c r i t i c a l  NACA p r o f i l e  made 
po rous  from 53 t o  85 % chord  t h r o u g h  u s e  o f  a large number of  h o l e s .  
The r e s u l t  w a s  s l i g h t l y  i n c r e a s e d  drag a t  lower  Mach numbers w h i l e  
t h e  drag-r ise  Mach number w a s  i n c r e a s e d .  Krogmann e t  a l . ( r e f s .20 -21)  
i n v e s t i g a t e d  t h e  f l o w  on  a n o t h e r  s u p e r c r i t i c a l  p r o f i l e ,  t h e  
VA-2. T h e i r  p e r f o r a t i o n  w a s o b t a i n e d  b o t h  th rough  u s e  of h o l e s  as w e l l  
as  s i n g l e  and  d o u b l e  s l o t s  i n  t h e  s u r f a c e  a t  selected p o s i t i o n s .  
Again t h e  drag-rise Mach number w a s  i n c r e a s e d ;  t h e  b u f f e t  boundary 
w a s  moved. 
T h e  a s sumpt ion  i s  t h a t  t h e  p a s s i v e  shock  c o n t r o l  decreases d r a g  
t h r o u g h  an  a u t o m a t i c  a d j u s t m e n t  i n  t h e  shock  r e g i o n .  A t  t h e  f o o t  o f  
t he  shock  boundary l a y e r  a i r  i s  pushed  i n  t h r o u g h  t h e  p e r f o r a t i o n s ,  
wh i l e  it i s  blown o u t  f u r t h e r  u p s t r e a m  where t h e  p r e s s u r e  i s  low. 
Thus t h e  maximum Mach number is  reduced.  
F i g u r e  1 (ref.  1 8 )  i l l u s t r a t e s  t he  p r i n c i p l e  of t h i s  i n t e r a c t i o n  
and  a l s o  i n t r o d u c e s  t h e  c o o r d i n a t e  sys t ems  and t h e  d e f i n i t i o n s  t o  be 
used .  I t  a p p e a r s  t h a t  t h e  main effect o f  the p e r f o r a t i o n  i s  t o  a l l o w  
a s t r o n g  shock  t o  be s p l i t  i n t o  several weaker  s h o c k s ,  t h u s  i n  some 
cases a v o i d i n g  shock-induced s e p a r a t i o n s .  I n  two-dimensional f lows it 
i s  p o s s i b l e  t o  d e t e r m i n e  t h e  o v e r a l l  e f fec t  on p e r f o r m a n c e ,  and 
F i g u r e  2 (Krogmann), shows t h e  effect  o f  p a s s i v e  (Cs = 0 )  and act ive 
shock c o n t r o l  on t h e  b u f f e t  boundar i e s  of a s u p e r c r i t i c a l  p r o f i l e .  A t  
l e a s t  i n  t h i s  p a r t i c u l a r  case, t h e  main e f fec t  a p p e a r s  t o  be t h e  
s u r f a c e  p e r f o r a t i o n  i t s e l f .  
The s i z e  of t h e  s u r f a c e  p e r f o r a t i o n s  r e l a t i v e  t o  t h e  l o c a l  
boundary l aye r  t h i c k n e s s  i s  i m p o r t a n t ,  as t o o  large h o l e s  a c t u a l l y  
may c a u s e  a m a j o r  d i s t u r b a n c e  t h r o u g h  s u c t i o n  a n d  b l o w i n g .  
Raghunathan a n d  Mabey ( r e f . 2 2 )  d i d  a n  e x p e r i m e n t  on a 6% h a l f  
c i r c u l a r  a rc  a i r f o i l  t o  e x p l o r e  t h e  e f f ec t s  o f  h o l e  geometry;  i . e .  
normal,  forward-  o r  backward f a c i n g  h o l e s .  The fo rward - fac ing  h o l e s  
were f o u n d  t o  g i v e  b e t t e r  r e s u l t s  t h a n  t h e  o t h e r .  They a l s o  
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investigated the effects of the perforation on the static pressure 
fluctuations. Savu (ref.23) did computations on the flow around a 
NACA 0012 profile with massive perforations, and conjectured the 
change in shock characteristics. Chen et.al.(ref.24) developed a 
full potential code to compute the flow over porous airfoils. 
EXPERIMENT 
Wind tunnel tests at transonic speeds are often cumbersome, as 
minor changes to a wind tunnel configuration easily may cause severe 
problems in the interpretation of data; both wall effects as well as 
free stream turbulence and disturbances tend to cause problems. Also, 
the added complication of manufacturing porous surfaces for small 
wind tunnel models, make wind tunnel tests of passive shock control 
hard. Computational tools under development often need good 
experimental data for comparison, and to avoid all uncertainties due 
to the wind tunnel environment, flight data has been utilized as a 
database in the present study. 
The experiment was performed on a swept wing attack aircraft 
(ref .25), a SAAB 32A Lansen, and the results are available as a 
computerized database (refs. 26-27) allowing a comprehensive 
description of aerodynamic flow on a swept wing in the entire 
subsonic flight regime. Figure 3 shows the geometry of the aircraft 
and the flight envelope while Figure 4 yields the wing geometry and 
coordinate systems. 
The wing geometry was used as baseline for a series of transonic 
wings developed at the FFA in the 1970s - extensive studies of the 
force and moment characteristics as well as pressure distributions 
with a scale model at high Reynolds numbers were made. 
INSTRUMENTATION AND EXPERIMENTAL SETUP 
Comprehensive transonic measurements in flight require ample 
flight time, good description of reference conditions and a well 
organized data handling system. It is in general necessary to perform 
the measurements with only a few probes per flight to make sure that 
the shock pattern stays the same. One of the experiences using glued 
on tubing for pressure distributions in the VC-10 experiment was 
that the tubing indicated the correct pressure, but the value and the 
flow field were affected by the tube presence. In the present 
experiment the transonic flow mapping was performed over a large 
portion of the test, adding information a small piece at a time. In 
Figure 5, the sensor types used have been indicated. The modular 
approach, allows sensor complement, location and type to vary from 
flight to flight; as has been .done recently on a Boeing 737 (ref.28). 
The validity of one sensor type often requires information obtained 
with another type of sensor. For example the static pressure measured 
with the modified Preston tube (refs.29-30) must be compared with the 
wall pressure taps at some locations. Also the cross-flow must be 
small, which requires information from dual hot films. These in turn 
require information on the static pressure for a proper evaluation. 
The solution to this apparent maze is use of redundant data and an 
efficient data handling system that solve most of the interrelations 
automatically. In general each aerodynamic parameter should be 
measured with at least two methods. 
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Another problem i s  t h e  c h o i c e  and r e p e a t a b i l i t y  of f l i g h t  
cond i t ions .The  a b i l i t y  t o  keep Mach number c o n s t a n t  and have 
minimized c o n t r o l  s u r f a c e  d e f l e c t i o n s  w h i l e  a l s o  keeping a l t i t u d e  
r e q u i r e s  a l o t  from p i l o t  and a i r c r a f t .  Also t h e  weight of t h e  
a i r c r a f t  and i t s  t r i m  should i d e a l l y  be r epea tab le  from f l i g h t  t o  
f l i g h t ,  t o  e n s u r e  t h e  same angle of a t t a c k .  The weather v a r i e s ,  both 
t h e  turbulence  c h a r a c t e r i s t i c s  and parameters l i k e  temperature  and 
humidity. 
The wing was equipped with a l a r g e  number of s t a t i c  p re s su re  t a p s  
- mostly i n  t h e  leading-edge region ( r e f . 2 4 ) ,  but  t h e  d i s t r i b u t i o n s  
of  p r e s s u r e  and l o c a l  s k i n  f r i c t i o n  were a l s o  determined us ing  
modified P r e s t o n  tubes.  
This gave a coarse  gr id  information i n  the chordwise a s  well  a s  
spanwise d i r e c t i o n  a l s o  a s  t h e  Mach number increased, although t h e  
chordwise reso lu t ion  was i n s u f f i c i e n t  f o r  proper shock documentation. 
The main source  of in format ion  used i n  t h e  p r e s e n t  s tudy  on 
shock/boundary-layer i n t e r a c t i o n  i s  51 s t a t i c  pressure  t a p s  c lose  t o  
t h e  wing t i p  - see Figure 4 .  This row covers t h e  region from 5 =  0 . 2  
t o  t h e  t r a i l i n g  edge, and i s  supplemented by 13 s t a t i c  pressure taps  
i n  t h e  leading-edge region. T h e  pressure t a p s  a r e  loca ted  i n  a plane 
i n t e r s e c t i n g  t h e  leading edge a t  q= 0 . 9 1 2  and t h e  t r a i l i n g  edge a t  
q= 0.812, being the non-dimensional spanwise location. 
From previous experience it i s  known t h a t  t h e  shock i s  loca ted  
somewhere between 5= 0 . 4  and 0 . 6  depending on t h e  f l i g h t  a l t i t u d e ,  
and t h e  pressure taps  were posi t ioned accordingly.  To monitor spanwise 
v a r i a t i o n s  two a d d i t i o n a l  rows of p r e s s u r e  t a p s ,  inboard  and 
outboard, were used i n  t he  shock region i t s e l f .  
I t  i s  very hard t o  document whether o r  not flow is  separated u s i n g  
only t h e  s t a t i c  pressure a s  an ind ica tor ,  and i n  t he  present  s t u d y  a 
three-s tep  technique was employed: 
During one f l i g h t  t h e  row of pressure  t a p s  was used uncovered, 
t o  document Cp. 
During a second f l i g h t  some of t h e  t a p s  were covered by razor 
blades w i t h  t h e  edge point ing forward; ac t ing  a s  Stanton tubes .  
During a t h i r d  f l i g h t  some of t h e  pressure t a p s  w e r e  covered by 
razor  blades fac ing  backwards, a c t i n g  s i m i l a r  t o  Stanton tubes and 
intended t o  de tec t  backflow. 
Figure 6 shows boundary-layer development i n  f r o n t  of t h e  shock. 
A t  5 = 0 . 6  a pressure  rake was pos i t ioned ,  a l igned  w i t h  t h e  f l i g h t  
d i r e c t i o n .  I n  most cases a l imi ted  shock-induced separa t ion  would be 
loca ted  c lose  t o  5 = 0 . 6 ,  and it  was considered important t o  have 
v iscous  l a y e r  in format ion  a s  f a r  back a s  p o s s i b l e .  Both t o t a l  
p ressure  and Mach number p r o f i l e s  were monitored; t h e  wal l  s t a t i c  
pressure was normally used  f o r  evaluat ion of i n t e g r a l  p rope r t i e s  b u t  
t he  s t a t i c  pressure 3 0  mm from t h e  wall was a l s o  measured. 
I n  t h e  i n t e r a c t i o n  region t h i s  may be ques t ionable ,  but a s  t h e  
purpose of t h e  i n v e s t i g a t i o n  i s  t o  explore  p o s s i b l e  e f f e c t s  of 
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s u r f a c e  p e r f o r a t i o n ,  u s e f u l  comparisons can be made. T o  v e r i f y  
whether o r  not t h e  flow i s  separated i s  a l s o  a d i f f i c u l t  t a sk  w i t h  
t h e  pressure  rake da ta ,  and f o r  t h i s  purpose e x t r a  f l i g h t s  were made 
w i t h  Stanton tubes  ( r azo r  b lades)  over some of t h e  pressure  t a p s .  
Local s k i n  f r i c t i o n  may be determined i f  a un iversa l  c a l i b r a t i o n  law 
i s  assumed v a l i d .  
One heated dual wall f i l m  probe was located i n  t h e  shock region t o  
monitor flow a n g u l a r i t y  and turbulence,  b u t  t h e  d a t a  have not been 
evaluated so f a r .  
The s u r f a c e  p e r f o r a t i o n  was l o c a t e d  a t  k =  0 . 4 2  and 6 ~ 0 . 5 8  
r e spec t ive ly ,  a s  can be seen i n  Figure 4 .  They cons i s t ed  of 2 and 
3 mm diameter holes  w i t h  a spacing of 15 mm; t h i s  i s  equivalent  t o  
t h e  p e r f o r a t i o n  u s e d  by Krogmann e t . a l .  ( r e f . 2 0 ) .  I n  t h e  f i g u r e  the  
var ious  conf igura t ions  used a r e  defined ranging from 0 t o  3 . 1 4  % 
poros i ty .  The cav i ty  u s e d  i n  t h i s  case was a reasonably w e l l  sealed 
box i n  t h e  wing s t ruc tu re ,  extending from t h e  f ron t  t o  t h e  r ea r  beam. 
Cavity pressure  was monitored using f i v e  s t a t i c  pressure  t a p s  on the  
cav i ty  wal l s .  
FLOW CONDITIONS 
Two f l i g h t  a l t i t u d e s  were used f o r  t h e  f l i g h t  experiments, 7 and 
1 0  km, and Figure 7 may serve  t o  i l l u s t r a t e  t h e  type of r e s u l t s  
obtained. A t  t h e  same Mach number, t he  shock i s  moved forward roughly 
3% chord due t o  changes i n  a l t i t u d e .  From t h e  Figure it i s  c l e a r  t h a t  
pressure-r  i s e  region and t o  monitor t h e  s e p a r a t i o n  bubble 
beneath/behind. 
One parameter used when comparing 2 D  and 3 D  flows a t  t r anson ic  
Mach numbers i s  t h e  Mach number component normal t o  t h e  shock, MLN.  
I t  p lays  a dominant r o l e  when p red ic t ing  separa t ion  l i m i t s .  I n  the  
i n  t h e  spanwise d i r e c t i o n .  I n  f a c t ,  shock s p l i t t i n g  e t c .  may occur, 
and  therefore t h e  experimental r e s u l t s  have been evaluated using the  
Mach number normal t o  t h e  l o c a l  surface generator .  U s i n g  t h e  measured 
p r e s s u r e  c o e f f i c i e n t ,  t h e  Mach number component normal t o  t h e  
genera tor  may be determined (comparable t o  a 213 flow) t o  f i n d  a t  
what f l i g h t  Mach number the re  is a p o s s i b i l i t y  of a shock. Figure 
8 shows t h e  peak Mach number normal t o  t h e l o c a l  genera tor ,  PYLN,aS a 
funct ion of f l i g h t  Mach number f o r  one choice of pe r fo ra t ion .  A s  can 
be seen only M > 0 . 8 7  should be of in te res t  i n  t h e  present  case.  I t  
I can a l s o  be noted t h a t  shock-induced separa t ion  occurs a t  M = 0 . 8 9 5  
This f i g u r e  may a l s o  serve  t o  i l l u s t r a t e  t h e  r e p e a t a b i l i t y  of t h e  
d a t a .  
A note of caut ion i s  needed before d iscuss ing  t h e  general  r e s u l t s  
from t h e  t es t s .  I n  a three-dimensional case of shock wave/boundary 
l aye r  i n t e r a c t i o n  almost any combination of flow p a t t e r n  i s  possible ,  
hysteresis ,  uns teadiness  as w e l l  a s  i n t e r f e r e n c e  from probes may 
a c t u a l l y  dominate t h e  flow, and Figure 9 may be used a s  a reminder of 
t h i s .  D u r i n g  nominally s t a t i o n a r y  cond i t ions ,  t h e  p i l o t s  of t h e  
l a high r e so lu t ion  i s  needed t o  f i n d  t h e  pressure  grad ien t  i n  t he  
I present  case t h e  three-dimensional shock p a t t e r n  i s  not w e l l  defined 
I 
I 
I 
I f o r  H = 1 0 k m  and M = 0 .905  a t  H = 7 km f o r  t h e  present  pe r fo ra t ion .  
I 
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p r e s e n t  t e s t s  a r e  r equ i r ed  t o  maintain an i n d i c a t e d  speed and 
a l t i t u d e .  A s  a consequence of reasonable t o l e r a n c e s  i n  t h e s e  two 
parameters, t h e  Mach number may vary.  T h i s  does not normally c rea t e  
any problems, but i n  t h e  present  Figure an increase  i n  f l i g h t  Mach 
numbers of 0 . 0 0 5  has caused t h e  flow t o  separa te ,  causing a drop i n  
t h e  pressure  c o e f f i c i e n t  upstream of t h e  shock. T h e  t o t a l  pressure 
c o e f f i c i e n t s  a s  well a s  t h e  ind ica ted  Mach number p r o f i l e s  a t  
5 = 0 . 6  a r e  d r a s t i c a l l y  changed, and the  main question t o  ask i n  t h i s  
case i s  whether o r  not t h e  changes observed a r e  t y p i c a l  of t he  
corresponding Mach numbers. 
The f i g u r e  a l s o  demonstratesthe d i f f i c u l t y  of determininga proper 
Mach number p r o f i l e  from t o t a l  pressure measurements, a s  t h e  s t a t i c  
p r e s s u r e  chosen f o r  t h e  d a t a  r educ t ion  may se r ious ly  a f f e c t  
t h e r e s u l t .  I n  t h i s  paper t h e  value obtained from a wall  pressure t ap  
i s  used throughout t h e  viscous l a y e r .  A l s o ,  a s  backflow cannot be 
measured, it i s  not reasonable t o  include the  separated region i n  the  
i n t e g r a t i o n  of displacement and momentum thicknesses  i f  t h e  flow i s  
separated,  and t h i s  should be borne i n  mind when l o c a l  values of 6*, 
e a n d  H a r e  examined. 
A s  t h e  Mach number increases ,  t he  shock s t a r t s  t o  grow i n  s t rength  
and moves back on t h e  wing - as illustrated i n  Figure 1 0 ,  where shock 
p o s i t i o n  i s  p l o t t e d  aga ins t  PMLN.  Two p o s i t i o n s  a r e  ind ica t ed  f o r  
each case; l oca t ion  of t h e  peak Mach number and t h e  loca t ion  of the  
sonic  l i n e .  The movement i s  roughly 1 0 %  chord a s  t h e  shock grows and 
separa t ion  occurs,  and t h e  r e a r  region of v e n t i l a t i o n  holes c lose  t o  
k =  0.58 i s  behind t h e  sonic  l i n e  f o r  t h e  a t tached  case,  i n  f ron t  of 
it f o r  t h e  separated.  
Figure 11 may i l l u s t r a t e  t h e  boundary l a y e r  behind t h e  shock 
l o c a t i o n  a s  func t ion  of t h e  peak normal Mach number. The pressure 
rake was loca ted  a t  5 = 0 . 6 ,  and t h e  momentum th ickness  i s  seen t o  
increase  dramatical ly .  Also the  shape f a c t o r  H increases  t o  around 3 
before separa t ion .  For separated flow it was not poss ib l e  t o  obtain 
information on t h e  reversed flow, and t h u s  t h e  f i l l e d  symbols of t he  
f i g u r e  a r e  based on in t eg ra t ion  out from t h e  zero-veloci ty  p o i n t .  A s  
can be seen t h i s  agrees  q u i t e  well  w i t h  t h e  decrease i n  peak Mach 
number due t o  separa t ion .  However, it means t h a t  t h e  very high values 
of H sometimes assoc ia ted  w i t h  t h e  shock-induced separa t ion  a r e  not 
given here .  
T o  eva lua te  t h e  drag-reducing c h a r a c t e r i s t i c s  of t h e  pe r fo ra t ed  
s u r f a c e s ,  i t  was n e c e s s a r y  t o  measure t h e  b o u n d a r y - l a y e r  
c h a r a c t e r i s t i c s  downstream of t h e  separated region. T h i s  was done fo r  
t he  following configurat ions:  
Notation 
OPEN 
CLOSED/OPEN 
CLOSED/BASELINE 
PERFORATION 
6 =0.42 6 = 0 . 5 8  
3 . 1  % 3 . 1  % 
0 %  3.1 % 
0 %  0 %  
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I n  F i g u r e  11 a d i s t i n c t i o n  i s  made between p o i n t s  w i t h  o r  w i t h o u t  
s e p a r a t i o n  f u r t h e r  fo rward  u s i n g  f i l l e d  a n d  o p e n  s y m b o l s  
r e s p e c t i v e l y .  T h e r e  i s  a c l e a r  i n d i c a t i o n  t h a t  t h e  i n c r e a s e  i n  H i s  
d e l a y e d  t o  h i g h e r  f l i g h t  Mach numbers, and  a l s o  t h a t  t h e  s e p a r a t i o n  
i t s e l f  i s  d e l a y e d .  However, F i g u r e  11 does  n o t  c o n t a i n  t h e  f u l l  s t o r y  
on d r a g  e f fec ts  - t h e  s t a t i c  p r e s s u r e  may have changed i n  some cases .  
Therefore t h e  da tawere  t r a n s f e r r e d  t o  far-wake c o n d i t i o n s  u s i n g  
Squi re-Young ' s  fo rmula ,  and  t h e  r e s u l t  i s  p l o t t e d  i n  F i g u r e  1 2 .  Here 
t h e  c o n f i g u r a t i o n  w i t h  p e r f o r a t i o n  a t  t h e  shock i t s e l f  ( i .  e .  normal 
b lowing)  i s  s e e n  t o  d e l a y  d r a g - r i s e  s u b s t a n t i a l l y ,  f rom M = 0 . 8 8  t o  
0 .92 f o r  t h i s  span  s t a t i o n ,  which i s  t h e  most c r i t i c a l  o n e .  A t  lower 
Mach numbers t h e  d r a g  i s  n o t  a f fec ted  s i g n i f i c a n t l y  by t h e  downstream 
p e r f o r a t i o n ,  whereas  a l s o  hav ing  u p s t r e a m  p e r f o r a t i o n  a p p e a r s  t o  
i n c r e a s e  drag i r r e s p e c t i v e l y  o f  f l i g h t  Mach number. 
CONCLUSIONS 
Passive shock c o n t r o l  t h r o u g h  s u r f a c e  p e r f o r a t i o n :  
I t  i s  possible  t o  decrease d r a g  t h r o u g h  l o c a l  p e r f o r a t i o n  i n  t h e  
order of 2 % over a l i m i t e d  r e g i o n  a t  t h e  shock .  The g a i n  i s  e v i d e n t  
i n  a l i m i t e d  Mach number r e g i o n  o n l y ,  and  hence  t h e  wind t u n n e l  da ta  
s u g g e s t i n g  a s h i f t  i n  d i v e r g e n c e  Mach number appears a p p r o p r i a t e .  
P e r f o r a t i n q  t h e  s u r f a c e  f a r  i n  f r o n t  o f  t h e  s h o c k  had n e g a t i v e  
effects ,  t h u s  i n c r e a s i n g  d r a g  w i t h o u t  b e n e f i c i a l  e f f e c t s  c o n c e r n i n g  
t h e  d i v e r g e n c e  Mach number .  T h i s  i s  i n  agreement  w i t h  Nagamatsu e t .  
a l . ;  a l t h o u g h  t h e  s h o c k  may be weakened,  t h e  added boundary - l aye r  
f l o w  u p s t r e a m  may have  d e t r i m e n t a l  e f f e c t s .  I n  t h e  p r e s e n t  case it i s  
p r o b a b l e  t h a t  t h e  la rge  p e r f o r a t i o n  s i z e  (compared  t o  t h e  boundary  
l a y e r  t h i c k n e s s )  had  a c o n s i d e r a b l e  effect .  
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SOLID SURFACE .' 
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Figure 1 P r i n c i p l e  of  pas s ive  shock c o n t r o l  (From r e f .  1 8 )  
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Figure 2 E f f e c t  of pas s ive  shock c o n t r o l  on b u f f e t  boundary (From 1 8 . )  
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F i g u r e  4 Wing geometry and c o o r d i n a t e  sys tem.  
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Figure 5 Sensor t y p e s  and data acquisition system. 
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F i p r e  7 Shock movement due t o  change i n  a l t i t u d e ,  b a s e l i n e .  
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Figure  1 0  Shock movement due t o  changes i n  Mach number, base l ine .  
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